MSC-01855 
SUPPLE^rNi- 5 

NATIONAL AERONAUTICS AND SPACE ADMINISTRATION 


APOLLO 12 MISSION REPORT 
SUPPLEMENT 5 


DESCENT PROPULSION SYSTEM 
FINAL FLIGHT EVALUATION 


(NASA-'I 3 3 ) 

"’F'no-r; nijcyvr, 
f'LKIHT 1 VAl.'i;,! ro!< 
P iic 


Ai'.''IL3 1^' 
(‘3;J=*f'Ll:r J.'.T 



;^r'3;;ioN 

I'-Yil ;-, fl .'IN A I. 
0 ('-ASA) 




-V2 


3- r- 




MANNED SPACECRAFT CENTER 

HOUSTONJEXAS 
SEPTEMBER 1972 


f 


• 








c 


t 




MCC- 01855 
Supplement 5 


APOLLO 12 MISSION REPORT 
SUPPLEMENT 5 


DESCENT PROPULSION SYSTEM 
FINAL FLIGHT EVALUATION 


PREPARED BY 
TRW Systems 


APPROVED BY 



Owen G. Morris / 

Manager, Apollo Spacecraft Program 


NATIONAL AERONAUTICS AND SPACE ADMINISTRATION 
MANNED SPACECRAFT CENTER 
HOUSTON, TEXAS 
September 1972 









■I. 


» 


11176-H585-R0-00 



PROJECT TECHNICAL REPORT 


% 

APOLLO 12 
LM-6 

DESCENT PROPULSION SYSTEM 
FINAL FLIGHT EVALUATION 



NAS 9-8166 «luly 1970 


Prepared for 

NATIONAL AERONAUTICS AND SPACE ADMINISTRATION 
MANNED SPACECRAFT CENTER 
HOUSTON, TEXAS 




Prepared by 
R. K. M. Seto 
R. L. Barrows 

Propulsion Technology Section 
Power Systems Department 


NASA MSC 
Concurred 


Concurred 


^ ' TRW SYSTEMS 

by : • ^ Approved by : 

^ Kirkland, Head 
Systems Analysis Section 


R. J. Smith, Manager 
Task E-19E 


by:/v< / 

{i/ R. Hammock, 


Approved by:. 


lanager 

Descent Propulsion Subsystem 



Propulsjlon .Technology Section 


Concurred 


by ; Approved 

C. W. YodZiVcbTfef 
Primary Propulsion B*“anch 


bv: /QTaJ 

D. W. VeTn^Man^er 
Power Systems Department 









CONTENTS 


Pane 

1. PURPOSE AND SCOPE 1 

2. SUMMARY ? 

3. INTRODUCTION 4 

4. FTP STEADY-STATE PERFORMANCE ANALYSIS 6 

Analysis Technique 6 

Analysis Results 6 

Critique of Analysis Results 8 

Comparison with Prefliqht Performance Prediction 10 

Engine Performance at Standard Interface Conditions 11 

5. SIMULATION OF THROTTLED PERFORMANCE RESULTS 13 

6. OVERALL PERFORMANCE 16 

7. PQGS EVALUATION AND PROPELLANT LOADING 18 

Propellant Quantity Gaoina System 18 

Propellant Loading 21 

8. PRESSURIZATION SYSTEM EVALUATION 23 

9. ENGINE TRANSIENT ANALYSIS 26 

Start and Shutdown Transients 26 

Throttle Response 27 

10. REFERENCES 29 

TABLES 

1. DPS MISSION DUTY CYCLE 30 

2. LM-6 DPS ENGINE AND FEED SYSTEM PHYSICAL CHARACTERISTICS .... 31 

3. FLIGHT DATA USED IN FTP STEADY-STATE ANALYSIS 33 

4. DESCENT PROPULSION SYSTEM STEADY-STATE FTP PERFORMANCE 34 

5. DESCENT PROPULSION SYSTEM THROHLED PERFORMANCE 35 

6. DPS PROPELLANT QUANTITY GAGING SYSTEM PERFORMANCE 36 

7. OPS START AND SHUTDOWN IMPULSE SUMMARY 37 

ii 



ILLUSTRATIONS 


Figure Page 

1 - DESCENT BURN THROTTLING PROFILE 38 

2 - COMPARISON OF PREFLIGHT PREDICTED AND INFLIGHT THROAT EROSION... 39 

3 - ACCELERATION MATCH 40 

4 - OXIDIZER INTERFACE PRESSURE MATCH 41 

5 - FUEL INTERFACE PRESSURE MATCH 42 

6 - PROPELLANT QUANTITY GAGING SYSTEM MATCH, OXIDIZER TANK NO. 1.... 43 

7 - PROPELLANT QUANTITY GAGING SYSTEM MATCH, OXIDIZER TANK NO. 2.... 44 

8 - PROPELLANT QUANTITY GAGING SYSTEM MATCH, FUEL TANK NO. 1 45 

9 - PROPELLANT QUANTITY GAGING SYSTEM MATCH, FUEL TANK NO. 2 46 

10 - CHAMBER PRESSURE MATCH 47 

11 - REGULATOR OUTLET PRESSURE MATCH 48 

12 - COMPARISON OF PREFLIGHT PREDICTION AND INFLIGHT PERFORMANCE 49 

13 - COMPARISON OF PREFLI3HT PREDICTED AND ANALYSIS PROGRAM SIMULATED 

THROTTLE COMMAND VOLTAGE (THROTTLING REGION) !>0 

14 - COMPARISON OF PREFLIGHT PREDICTED AND ANALYSIS PROGRAM SIMULATED 

MIXTURE RATIO (THROTTLING REGION) 51 

15 - COMPARISON OF PREFLIGHT PREDICTED AND ANALYSIS PROGRAM SIMULATED 

THRUST (THROTTLING REGION) 52 

16 - COMPARISON OF PREFLIGHT PREDICTED AND ANALYSIS PROGRAM SIMULATED 

ENGINE SPECIFIC IMPULSE (THROTTLING REGION) 53 

17 - MEASURED REGULATOR OUTLET PRESSURE (GQ3018P) 54 

18 - MEASURED REGULATOR OUTLET PRESSURE (GQ3025P) 55 

19 - MEASURED AUTOMATIC COMMAND VOLTAGE 56 

20 - MEASURED OXIDIZER INTERFACE PRESSURE 57 

21 - MEASURED FUEL INTERFACE PRESSURE 58 

22 - MEASURED CHAMBER PRESSURE 59 

23 - MEASURED PROPELLANT QUANTITY, OXIDIZER TANK NO, 1 60 

iii 


ILLUSTRATIONS (Continued) 


Page 

61 


> 


Figure 

24 - MEASURED PROPELLANT QUANTITY, OXIDIZER TANK NO. 2 

25 - MEASURED PROPELLANT QUANTITY, FUEL TANK NO. 1.... 

26 - MEASURED PROPELLANT QUANTITY, FUEL TANK NO. 2.... 

27 - MEASURED INJECTOR ACTUATOR POSITION 

28 - MEASURED SUPERCRITICAL HELIUM SUPPLY PRESSURE.... 

29 - SHe TANK PRESSURE (POWERED DESCENT) 

30 - DESCENT STAGE SYSTEM SCHEMATIC 


62 

63 

64 

65 

66 

67 



1. rmr'osi: amu "-d/'i: 


The purpose of this r-epori is to present 'he results of the posif light 
analysis of the Descent I’ropulsion System (Dl’S) perforiiienco during the 
Apollo 12 Mission. The primary objective of the analysis was to determine 
the steady-state performance of tiio DPS during the descent phase of the 
manned lunar landing. 

This report is a supplement to the Apollo 12 Mission Report. In ad- 
dition to further analysis of the DPS, this report brings together informa- 
tion from other reports and memorandums analyzing specific anomalies and 
performance in order to present a comprehensive description of the DPS 

operation during the Apollo 12 ilission. 

The following items are the major additii'ns and changes to the results 

are reported in Reference 1: 

(1) The performance values for the second DPS burn are presented. 

(2) The analysis techniques, problems and assumptions are discussed. 

(3) The analysis results are compared to the preflight performance 
prediction. 

(4) The Propellant Quantity Caging System performance is discu.ssed 
In greater detail. 

(5) Engine transient performance and throttle respoiise is discussed. 

(6) Estimated propellant consumption and residuals are revised. 
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2. 'NUMMARY 


The performance of the LM-6 Descent Propulsion System during the 
Apollo 12 Mission was evaluated and found to be satisfactory . The aver- 
age engine effective specific impulse for t*^' ijescent Burn was less than 
predicted, but well within the prediction 3.- uncertainty. The engine per- 
formance corrected to standard inlet conditions for the FTP portion of 
the Descent Burn was as follows: thrust, 9734 pounds; specific Impulse, 

304.5 seconds; and propellant mixture ratio, 1.598. These values are 
-0.15, 0.16, and 0.0 percent different, respectively, from the values re- 
ported from engine acceptance tests and were within specification limits. 

Several flight measurement discrepancies existed during the flight. 

1) Comparison of the inflight chamber pressure to ground test and post- 
flight computed values indicated that the flight transducer may have in- 
curred a drift error, probably due to thermal effects during the burn. 

This problem also occurred during the Apollo 9 and Apollo 11 Missions. 

2) The oxidizer interface pressure measurement appeared low throughout 
the flight. This discrepancy was assumed to be a measurement bias. Also, 
pressure oscillations as high as 59 psi peak-to-peak were recorded by tlie 
oxidizer interface pressure transducer. It was concluded that the oscilla 
tions were instrumentation phenomenon and not indicative of actual flow 
conditions. 3) The Propellant Quantity Gaging System did not perform 
within its specifications. The deviations occurred generally at the be- 
ginning and middle portions of the burn. Tests at the White Sands Test 
Facility had indicated earlier that the specifications could not be met. 
The accuracy was within the expected range based on those tests. 4) The 
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propellant low level sensor was triggered early. The apparent cause was 
propellant sloshing, ranging in amplitude from 1.5 to 2.0 percent (peak- 
to-peak) of the gaged propellant levels. Due to the early signal, the 
capability to perform at least 19 seconds of hover before propellant de- 
pletion was not known to be available. 

In-flight bulk propellant temperatures were lower than predicted. 
This also occurred during the Apollo 11 Mission. It is recommended that 
the temperatures used in future predictions be adjusted to more closely 
agree with those measured during these two flights. 

In-flight supercritical helium tank pressure rise following the DOI 
Burn was higher than predicted. This also occurred during the Apollo 11 
Mission. It is recormended that the pressure rise rate used in future 
predictions be increased to more closely agree with Apollo 11 and Apollo 
12 flight data. 
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3. INTRODUCTION 


The Apollo 12 Mission was the fifth flight and fourth manned flight 
of the lunar module (LM). The mission was the second lunar landing. 

At 109:23:40 hours, the first DPS maneuver, the Descent Orbit Inser- 
tion Burn (DOI) was accomplished. The burn duration was approximately 
29 seconds and iiiLiudec operation at the miniiiiun. throttle setting and 
throttling to AO'.'i of full thrust level. At 110:20:38 hours the Descent 
Burn was initiated and lasted for 717 seconds. The burn was started at 
the minimum throttling setting and after approximately 26 seconds, the 
thrust was increased to the fixed thrcttle position (FTP). At 383 sec- 
onds after ignition, the engine was shrottled to 59/«. Approximately 
227 seconds after throttle down, the Spacecraft Commander assumed par- 
tial control of the descent. In thi? semi-automatic mode, the astronaut 
selected the rate of spacecraft descent but the LM Guidance Computer (LGC) 
controlled the engine to obtain the desired descent rate. As the space- 
craft attitude was changed by the astronaut, a different thrust level was 
required to maintain the constant rate of descent. The engine was thus 
commanded through a substantial number of throttling changes between 19 
and 44 percent thrust. Lunar landing occurred at 110:32:36 ending the 
DPS mission duty cycle. The propellant tanks were vented at about 110 hr 
33 min GET. 

The actual ignition and shutdown times for the two DPS firings are 
shown in Table 1. The throttling profile for the second OPS burn is 
shown if Figure 1. 
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The Apollo 12 Mission utilized LM-6 which was equipped with DPS 
engine S/N 1040. The engine and feed system characteristics are r> 
sented in Table 2. 

Each DPS burn was preceded by a two jet +X Reaction Control System 
(RCS) ullage maneuver to settle propellants. 
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4. riP STEADY-STATE PERFuRMANCL 
Analysis Technique 

The major analysis effort for this report v/as concentrated on deter- 
mining the flight steady-state performance of the DPS during the fixed 
throttle position (FTP) portion of the Descent burn. Analysis oi the 
DOI burn was not practical due to the low data s.implin'i rate and the dura- 
tion of burn. The throttled portions of tiie ^'t'scent Burn were of insufficient 
duration at a given throttle position to allow for a meaningful detailed 
performance analysis. The performance analysis was accomplished by use 
of the Apollo Propulsion Analysis Program which utilizes a minimum variance 
technique to "best" correlate the available flight and ground test data. 

The program embodies error models for the various flight and ground test 
data that are used as inputs, and by iterative methods arrives at estimations 
of the system performance history and propellant weights which "best" 
(minimum-variance sense) reconcile the data. 

Since a minimum variance estimate of performance during the throttled 
portion (i.e. other than FTP) of the Descent Burn could not be made, a 
simulation of the latter portion of the burn was performed. The end point 
conditions of the FIP analysis were used as initial values for this simu- 
lation. 

Analysis Results 

The engine performance during the FTP portion of the Descent Burn was 
satisfactory. 

The Apollo Propulsion Analysis Program (PAP) results presented in this 
report are based on reconstructions using data from the flight measurements 
listed in Table 3. 


The propellant densities were calculated from sample specific grav- 
ity data from KSC, assumed interface temperatures based on the flight 
bulk propellant temperatures, and the flight interface pressures. 

The preliminary estimated spacecraft damp weight (LM minus DPS pro- 
pellants) at ignition of the DOf maneuver was obtained from the Apollo 
Spacecraft Program Office. This weight was checked against the LM-6 
Weight and Balance History Log from KSC and the itemized weight data from 
Grumman Aerosoace Corporation. Weight discrepancies of -24.4 Ibm for the 
descent stage and -22.3 Ibm for the ascent stage were identified. The 
discrepancies were due to mathematical errors in summing of the comoo- 
nent weights. The initial estimates of the DPS propellant on board at 
the beginning of the analyzed time segment were calculated (based on a 
simulatio'i of the DOI Burn and the first portion of the Descent Bum) 
from the loaded propellant weights. The damp weight was adjusted for 
consumables such as RCS propellant, water, etc., used betv.een DOI igni- 
tion and the beginning of the analyzed time segment. During the Descent 
Bum approximately 153 Ibm of consumables other than DPS propellant were 
used. Of that amount, 118 Ibm was RCS propellant. Since there was lit- 
tle RCS activity during the analyzed portion of the burn. It was assumed 
that the non-DPS consumed weight was used at a rate of 0.09 Ibm/sec. 

The DPS steady-state FTP performance was determined from the analy- 
sis of a 340 second se^nent of the oum. The segment of the burn anal- 
yzed commenced approximately 42 sec^Hids after DPS Ignition (FS-1) and 
Included the flight tine between 11''::i:20 ( 397280 sec) and 110:27:00 
(397620 sec) ground elapsed time (G.E.T.). Engine throttle down to 59% 
occurred two seconds after the end noint of the analyzed segment. 


7 


The results of the Propulsion Arid lysis Pro(]rciii! reconstruction of the 
FTP portion of the Descent Burn are presented in Table 4 along with the pre- 
flight values. The values presented are end point conditions of the seg- 
ment analyzed and are considered representative of the actual flight values 
throughout the segment. In general, the actual values are within 1.0 
pi-rcent of the predicted values. A portion of this difference can be attri- 
buted to the difference between predicted and actual throat erosion. 

Based on the acceleration match during the postflight analysis, it was 
determined that the actual throat erosion rate was somewhat different than 
predicted. Subsequent to the publishing of the LM-6/DPS Preflight Perform- 
ance Report (Reference 3 ), the throat erosion formulation was revised 
based on recently completed ground test programs. These programs indicated 
that the throat erosion as predicted by the former model was conservative. 
The analysis results tend to substantiate the ground test results. Figure 
2 compares the inflight calculated erosion, the predicted erosion using the 
former model and the predicted erosion using the current model. At the end 
of the FTP portion of the burn, the inflight calculated erosion was substan- 
tially greater than the originally predicted value, but was within the 3o 
uncertainty o^ the predicted value using the current erosion model. 

Critique of Analysis Results 

Figures 3 through 11 show the analysis program output plots which pre- 
sent the filtered flight data and the accuracy with which the data was 
matched by the PAP Program. The accuracy is represented by the residual, 
which is defined as the difference between the filtered data and the pro- 
gram calculated value. The figures presented are thrust acceleration, oxi- 
dizer interface pressure, fuel interface pressure, quantity gaging system 
for oxidizer tank 1 and 2, quantity gaging system for fuel tank 1 and 2, 


chamber pressure, and regulator outlet pressure. 

A strong indication of the validity of the analysis program simulation 
can be obtained by comparing the thrust acceleration as dctennined from lh(.‘ 

LM Guidance Computer (LGC) aV data to that computed in the simulation. Figure 
3 shows the thrust acceleration derived from the aV data and the residual be- 
tween the measured and computed values. The time histor y of the reside 1 1 has 

an essentially zero mean and a small, but acceptable, negative trend. 

Several problems were encountered with flight data while analvzinr; the 
steady-state performance at FTP. Several assumptions were necessary in order 
to obtain an acceptable match to the flight data. These problems are dis- 
cussed below. 

The regulator outlet pressure is redundantly sampled by measurements 
GQ3018P and GQ3025P. The pressure indicated by GQ3025P was several [rsia less 
than that from GQ3018P. Based on early analysis and preflight tests, the 
data from GQ3018P was used for the analysis. A 1.2 psi step increase in the 

regulator pressure as measured by GQ3018P was noted about 10 seconds into the 

analyzed segment. This increase was equivalent to one PCM measurement count. 
Interface pressure data indicated that the regulator outlet pressure should 
have increased smoothly during this time from approximately 244 to 245 psia. 

The data also indicated that the regulator outlet pressure should have con- 
tinued to slowly increase with time. This trend agreed with the expected 
regulator characteristics when the supercritical helium supply pressure 
profile was considered. A smooth pressure profile was therefore substituted 
for the measured regulator outlet pressure data. Figure 11 presents the 
adjusted profile that was used as the driver in the PAP analysis. 

Comparison of the inflight chamber pressure data to other flight and 
ground test data indicated that the flight transducer may have incurred a di ift 
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fci r ot Imp to ih. ("wl (‘ifccts during the burn. A similar problem 

w.i', iK)te<! during the A|/fi) lo 9 and Apollo 11 Mi-:sions although the shifts 
Wet iiuch gi-iator dur.,,) those flights. Chanit>or pressure was retained in 
rlie anal -.is although the residual match, Figute 10, was poor. 

Du* ing tie' goweiiO desi.ent burn, pressure oscillations as high as 59 psi 
p I »()-|ieak 'Were re..! i.'.t 1.7 the oxidi/er n.iirface pressure transducer 
((.041III’). flu; osci I l.it ions were recorded at ^fOO samples per second and 
sliow peak-to-peak magnitudes of 25 psi at FTP, 20 psi for most of the 55-57/, 
till. St, a perin.i of high oscillations uf C9 psi at approximately 57-60'/ 
thiuit, and short perio.l', of oscillations of as high as 35 psi during the 
random thruttling perioJ. The fuel intt'rface pressure transducer recorded 
iitdxiiiiuiii est, 1 1 l.iLions of 11 psi. Figure 20 shows the oxidizer pressure 
os. illations ohseri/ed jince oscillations of that magnitude were not ob- 
set veti at the propellant tank pressurization manifold or the engine chamber, 
it was concludcil that the -oscillations were not actually resent at the 
interface .jfid that engiiu |)(>rforinance was not affected. Similar pressure 
oscillatinie: were noted .luring the Apollo 11 Mission. A further discussion 
iiiav bt luuthi ill Refeicnce 4. 

The fill I e.) value uf the oxidizer interface pressure (GQ4111P) was 
less than expected by approximately 1.2 psia. This value is well within 
the accurai / of the i.n j<.ui’eiiierit and was assumed to be a measurement bias, 
(.uiiitiuri ui; .o th Preflight Performance Predictions 

Prior to the Apoih. L.' Mission the expected inflight performance of the 
DPS was presented in Reference 3 . The preflight performance report 
wa. intended to bt ing together all the information relating to the entire 
Descent Propulsion System and to present the results of the simulation of 
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its operation in the space environment. 

The predicted steady-state and related three sigma dispersions for the 
specific impulse, mixture ratio and thrust during the FTP portion of the 
■ Descent Burn are presented in Figure 12. The corresponding analysis pro- 

gram computed flight performance values are also presented for comparison. 

I 

, With the exception of thrust, all flight values are within 0.3% of the 

predicted values. The flight values of thrust are within 0.7% of the pre- 
dicted values. The greater difference in thrust is due to the difference 
i. in predicted and actual throat erosion as discussed previously. All values 

j are well within the three sigma limits. The difference between analyzed 

i 

and predicted mixture ratio was due to propellant density differences (due 
to actual temperatures and specific gravities). 

Engine Performance at Standard Inlet Conditions 
The flight performance prediction of the DPS engine was based on the 
> data obtained from the engine acceptance tests. In order to provide a 

common basis for comparing engine performance, the acceptance test and flight 
i performance is adjusted to standard inlet conditions. This allows actual 

; engine performance variations to be separated from pressurization system 

and propellant temperature induced variations. The standard inlet condi- 
' > . - tions performance values were calculated for the following conditions: 

‘ Standard Inlet Conditions 


Oxidizer interface pressure, psia 221.9 
Fuel interface pressure, psia 221.9 
Oxidizer interface temperature ,°F 70.0 
Fuel interface temperature, °F 70.0 
Oxidizer density, lbm/ft3 90.13 
Fuel density, Ibm/ft^ 56.36 
Thrust acceleration, Ibf/lbm 1.0 
Throat area, in^ 54.4 


i 


n 



The following table presents ground test data and flight test data ad- 
justed to standard inlet conditions. Cmnparing the corrected engine flight 


performance at FTP during the Descent Burn to the corrected ground test 


Parameter 

Ground Test 

Flight 

^ Data Source 

Engine Prediction 
Characterization 

Analysis 
Resul ts 

Thrust, Ibf 

9/49 

9734 

Specific Impulse, sec 

304.1 

304.5 

Mixture Ratio 

1.598 

1.598 

Thrust Coefficient, Cf 

1.780 

1.764 

Characteristic Velocity, 
C*, ft/sec 

5495 

5552 


data shows the flight data to be 0.15 less,0.16 , more and 0.0% for thrust, 

specific impulse and mixture ratio, resf)ecti vely. These differences are 
due to the 0.90. decrease in and 1.04, increase in C* derived from the 
flight analysis. These differences are well within the engine repeatability 
unce, tainties and within the performance specification ranges. 
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5. SIMULATION OF THROTTLED PERFORMANCE RESULTS 


The DPS throttling performance v/as simulated by utilizing the predic- 
tion mode of the Apollo Propulsion Analysis Program. By this method, the 
measured value of the regulator outlet pressure (GQ3018P) drives the program 
and the measured value of throttle command voltage (GH1331V) determines the 
engine throttle setting. The program then calculates values of the remain- 
ing flight measurements and engine performance. In this mode the program 
does not compare calculated measurements with flight measurements and mini- 
mum variance analysis is not performed. 

Based on the FTP analysis results, it was determined that a correction 
of +1.0 psia should be made to the regulator outlet pressure (GQ3018P). 

For the simulation, the initial values of throat erosion and of LM vehicle 
and propellant weights were obtained from the end point conditions of the 
FTP analysis. The damp weight was adjusted for non-DP5 consumables, as 
in the FTP analysis, at the rate of 0.39 Ibm/sec to account for the remain- 
der of that weight lost during the burn. 

The DPS throttling performance simulation was conducted starting at 

the end of the FTP analysis (FS-1 + 382 seconds) and continued for 33-1 seconds. 
This includes all of the powered descent burn after throttle down with the 
exception of the last second prior to engine shutdown and includes the 
flight time between 110:27:00 (397620 sec) and 110:32:34 (397954 sec) G.E.T. 

Typical values of the simulation results are presented in Table 5. The 
preflight values as well as the flight measured values are also presented. 

The time slices presented are FS-1 + 396 seconds (397634 sec) and FS-1 + 600 
seconds (397838 sec). The chamber pressure drift error, discussed in the 
FTP analysis, is also apparent during the throttling analysis. The differ- 


ences between the predicted and simulated performance values are attributed 
to the difference t)etween predicted and measured throttle command voltage, 
regulator outlet pressure, spacecraft weight, propellant density and vapor 
pressure, and throat erosion. As previously noted in the FTP analysis, 
the actual throat erosion was substantially greater than the predicted 
erosion profile from a model which has since been replaced with a more 
current formulation. The actual erosion is in better agreement with the 
current model than with the former model and is within the 3n uncertainty 
of the current model (Figure 2). 

Figures 13 through 16 present plots comparing the preflight predicted 
and the analysis program simulated values of throttle command voltage, 
mixture ratio, thrust and specific impulse. 

It can be seen in Figure 13 that the throttle command voltage for the 
simulation (which was measured in flight) generally agreed with the pre- 
dicted values until the Fli-gate target, which occurred 6 seconds later than 
predicted. The difference due to this time lag (which was within the 3o 
uncertainties) remained essentially constant until the astronaut assumed 
partial control of the spacecraft guidance. In this mode, the astronaut 
selected the rate of descent but the LM Guidance Computer (LGC) controlled 
the engine. This occurred approximately 609 seconds after ignition. The 
throttle voltage commanded in flight is dependent on the LGC estimate of 
the state vector of the spacecraft; that is, its position, velocity gain 
and acceleration with respect to the guidance target. In addition, the 
command voltage is affected by the actual engine thrust and vehicle weight. 
Without the aid of a minimum variance analysis, including guidance system 
models as well as the OPS model, it is impossible to fully determine the affects 
and interactions of these variables. The simulation did indicate, however, 
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that with the measured voltage and acceleration, an error in simulated 
thrust was possible. The magnitude of this error was generally less than 
90 Ibf and was within the predicted 3o uncertainty. 

Deviations in predicted and simulated propellant mixture ratio (Figure 
14) were due to differences between predicted and actual propellant densities 
and vapor pressures. The difference in mixture ratio was within the predic- 
ted 3o band. The predicted propellant densities were based on nominal 
specification values at 70°F. Propellant samples taken prior to flight 
determined that the fuel density was greater than nominal and the oxidizer 
density was less than nominal. The inflight oxidizer and fuel temperatures 
were approximately 4°F less than predicted. The decreased propellant tempera- 
ture caused decreased propellant vapor pressures which greatly determine 
flowrates to the engine and further affect mixture ratio. For both the 
Apollo 11 and Apollo 12 Missions, the predicted propellant temperature was 
70° while the inflight temperatures were actually less. It is recommended 
that the propellant temperatures used in future predictions be adjusted to 
more closely agree with those temperatures measured inflight. Figures 17 
through 28 present the inflight values of the measured propulsion parameters. 
The major portion of the FTP data has been deleted to obtain better resolution. 
In general, the FTP data shown is representative of the deleted segment. 
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6. OVERAl.l F'ERFORM/^ICE 


When the results of the FTP analysis and the simulation of throttled 
operation are combined, the overall performance during the Descent Burn and 
the total propellant consumption for the mission can be evaluated. The 
follov/ing table presents a comparison of the propellant consumption, average 
mixture ratio (MR) and overall effective specific impulse (Isp). While tne 
propellant consumption and mixture ratio are for the entire mission, the 


effective specific impulse is for the Descent Burn only. The vehicle effee 
tive specific impulse v/as computed based on spacecraft weight reductions 



Prooel lant 

Average 

Vehicle 

Engine 


Comsumptioni Ibio) 

MR 

Effective 

Effective 


Oxidizer 

Fuel 

(0/F| 

Isp (sec) 

_..Is£lsecl._ 

Preflight Prediction 

10547 

6620 

1.593 

300.3 

302.4 

Analysis Program 

10596 

6630 

1.598 

297.5 

301.4 

Gaging System* 

10568 

6644 

1.591 

297.8 

301.7 


♦Based on gaging system and /.V measurements 

due to bolii DPS prnpel 'lanT: rnnSM'ilptior. ^nn ron<;iimabl r fy 

0.09 Ibm/sec during FTP and 0.39 Ibm/sec during throttled operation). The 
engine effective specific impulse was calculated considering only v/eight 
reductions due to DPS propellant usage. Contributions from RCS activity is 
not included. 

The measured propellant quantities consumed are based on final gage 
readings and measured initial loads. Due to loading and gaging system in- 
accuracies, the uncertainties in the consumed propellants are ±85 Ibm and 
±53 Ibm (3c) for oxidizer and fuel, respectively. The uncertainties in 
mixture ratio and engine effective specific impulse resulting from these un- 
certainties are xO.016 and ±1.59 respectively. Both the predicted and 
analysis program results are within these uncertainties. 


1 Calculated from FS-1 plus 33 seconds. 
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7ti(' V. lilies ()l eflei.Mve spocific iiiipulsp pro'.ontcd in tho trilili' arc 
(li’pcndc'itt. nil liotli (lie vetiK le v;cic|ht chanqe and the thrust velocity qain. 

Ihe .in.ilysis iiidicdted a thrust velocity gain of 6805 ft/soc. The velncity 
gam used in amipulinri the values of Isp using the gaging system readings 
were taken directly from tho acceleration data (GOOOOIX) which measures the 
gain in velocity for each two second segment of the burn. The total measured 
thrust velocity gain, 6804 ft/sec, includes the contribution of both the Lil’S 
engine and RCS activity. The uncertainty in effective specific impulse due 
to measured propellant usage and velocity gain uncertainties is 1.2 seconds. 
The engine effective specific impulse for both the prediction and analysis 
are within this uncertainty. The difference between the predicted and 
actual throat er'osion accounts for the higher predicted engine effective 
specific impulse. Due to the rather large uncertainties related to the 
gaging system, it is felt that the best estimate of DPS performance is 
given by the analysis results. 

Both the analysis results and measured results are within the predic- 
tion 3 uncertainties of *5.91 sec and t0.0225 for effective specific 
impulse and mixture ratio, respectively. The difference between the pre- 
dicted vehicle effective specific impulse and that calculated from the 
PQGS measurements and the analysis program was due to more RCS usage (non-DPS 
consumable) than predicted. 





i PtPRODUaBILlI i Of fHt OPK/INAl PA' 


r, POOP, 


7. POfiS LVAIUAIION Afili I ! A'll l(•AI)IrK; 
Propellant (|iJ<inUt,y '>ysloni 


Uut’ing the DOl Burn and at igni'ion of Hu . i,i liutn, <ill prc^pollcin. 
gages were reading off scale as expected. Thi> fui-i t.<ifik ? (f'u?) g<ioe dnl, 
however, interinittently ilrop slightly liic m.i < ii'.uii; r'l'.Kling of 

pai Mcularlv ‘luring tin early pni tion of th' D. la.r t. I.iir inn loH- fh 

Apollo 10 and Apollo II Missions (Pel eifnce', s n.g A, i cspectively j tru' lue] 
gages did not read off stale as exi^ectoH when ei ii'-- 1 loot was ibove the i.i<i/i- 
muni gaqdahie level. The Fu2 gage wan reedinn ot i si ile uittiin ?J seconds 
after i‘inition of the Descent Burn. 

All gages were indicating propellant u nsiii!;pi i i hy 4,3.6 sec aftei 
Descent r.arn ignition. At that time, tlu' gage. . ic readitri ‘>4.4, ^^.n, 

93.6, and 92.1 percent for 0x1. nx2, l ul anil fur, > • siipctivoly. The recon- 
struction analysis indicates that the 0x2 gage wa^ !'‘udinq high by neai ly 
two percent, the 0x1 ijago was high by approximately one percent and the Fu2 
gage was low by approx iiaately one percent. As the burn continued the oxidizer 
gage readings diverged until approximately 400 seconds after ignition. At 
that time the readings of the 0x1 gage were approximately 1.3 percent oreater 
than the 0x2 reading. The difference in propellant levels vias due to pro- 
|iel1ant transfer between the oxidizer tanks caused by aimbaling of the engine 
coniiunding the thrust vector to pass through the vehicle center of gravity. 

As the burn continued, the engine gimbal angles decreased thus allowing some 
propellant to be transferred back from the ii.xl tank to the 0x2 tank. At 43.5 
seconds after ignition the fuel gages displayed a difference of approximately 
1.4 percent (Ful high). This difference remained essentially constant during 
tl» first 400 secemds of the burn. Subsequently, the difference decreased 
to approximately one tMlf percent. The initial difference in propellant level 




may have been caused by preburn maneuvering. The engine gimnal angle whi< h 
was relatively constant during the first 400 seconds could have ma int.i ine<> 
this difference. At approximately 400 seconds, the gimbal angle wa-. dc(r< . 
accounting for the convergence of the fuel gage readings. At the end of ■ 
burn, the propellant gages were reading approximately 6.4, 6.1, b.6 and 6.4 
percent for 0x1, 0x2, Ful , and Fu2, respectively. 

The expected accuracies for the naging system, based on tests conduct I'l 
at WSTF (Reference 6) are presented in the following table; 


EXPECTED PROPELLANT CARING SYSTEM ACCURACY 


Quantity Re- 
maining in 
Tank 

Accuracy for 
Each Oxidizer 
Gage 

Quantity Re- 
maining in 
Tank 

Accuracy fof 
Each fuel G'J'"’ 

(% of Full Tank) 

100 50% 

2.7% 

100-60% 

3.5/. 

50-25% 

1% 

60-20% 

• |. / 

f , 

25-8% 

0.5% 

20-0% 

1% 

8-0% 

1% 




The specification limit of the PQ6S is *1/ of full tmk capacity « • 
quantities above 25% load and below 8?' load. When the PQGS is int.e«iidtcd 
into the vehicle and telemetry effects are considered, the *1" value i . 
increased to ^1.3X. In the 8% to 25% range, the specification requirement 
is *0.5% of full tank capacity. However, the WSTF tests imiicau* tiiaf n. 
specifications cannot be met. 

In the analysis of FTP and the simulation of the throttled portion 
the bum, the transfer of approximately 81 Ibm of oxidizer from tank No. i 


19 








.. 1,1 ’i.K v.,i. iiioilrliH). No fuel trao'jfer was simulated. Table 6 presents 
a comjiarisen ot the measured data and the best estimate of rhe actual values 
cit /.It t us fiine points during the Descent Purn. While the difference be- 
fwet'i ' tif ic.r,i..ed and fomputed values v/ere frequently outside the specifi- 
c.'tio.i hiiiii^ they were generally within the expected accuracy of the 
.j,rl 1 ', j 1 1 ). . 1 Oil wtrr results. 

At engine shutdov/n, the quantities of propellants remaining in the 
tfinhs v;ere computed to be 6.5» 5.5, 5.7 and 5.7 percent for 0x1, 0x2, Ful 
and 'll.’, resp.i ■ ivel; This is equivalent to remaining quantities of 761 Ibm 
ui .ixidizer and 446 Itmi ot fuel. Of these quantities, 657 Ibm of oxidizer 
dud lOa ll-iii v)t fuel are usable before a propellant tank depletes. It should 
4 >c uoud that values of usable propellants are contingent on the actual 
amoii'it of i*:i(ii rr lionsferred betv/een tanks, l ased on the measured pro- 
pellant quantities, usable quantities of 627 Ibm of oxidizer and 389 Ibm 
of fuel renin i rod. Applying the propellant flowrates at engine shutdown, 

111 0 seconds o‘ hovt r time remained based on computed residual propellants, 
lie/ lilt.. .Ill cJ (i.i...itities indicated 106.6 seconds of remaining hover time. 

Ti.e , I (.pel I. lilt lov.' leyol was triggered at 110:31:59.6 GET, 682 seconds 
uftci i.,iiuiwi and 35 seconds before engine shutdoi/n. Gaging system data 
indicate' tint the sensor was triggered in the Fu2 tank. At the tine of 
the sign.i , the mean measured readings were 8.0, 7.3, 7.4 and 6.7 percent 
for I be 0x1, Ox.^, Ful, and fu2 gages, respectively. Based on the predicted 
time of the low level signal, the sensor was triggered early. This may have 
been dot to the 1.5 to 2.0 percent oscillation (peak-to-peak) of the propellant 
levels as indic.iod by the gaging probes, it is likely that the propellant 
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level oscillations were due to slosh. Observino the wan of the measured 
readings ( the low level siqnal should have been activated 701 seconds after 
ignition by the sensor in the fuel tank No. 2. Thus, the sensor was tria- 
qered approximately 19 seconds early. Approximately 113 seconds of bum time 
remain when the low level indication is given. Due to the early siqnal, a 
remaioinq bum time of 78 seconds was indicated at engine shutdown. The 
availability of 19 seconds of hover time is sionificant. A similar early 
signal occurred during the Apollo 11 Mission. It is believed that propellant 
slosh is the cause of the premature low level indicat ins. Due to the low 
gaging probe measurement sample rate (1 sampl e/second 1 , it is difficult to 
substantiate this hypothesis. Ground tests ar* beinn conducted to deter- 
mine the effect of propellant slosh. It should be noted that preliminary 
ground testing to determine the effects of pronellant slosh on the oaoing 
system readings indicate that the mean propellant level as measured by the 
probe can be lower than the quiescent level of propellants. Thus, the low 
level sensor siqnal may have been more than 19 seconds early. It is planned 
to Increase the PQGS sanple rate to 100 samples /second for the Apollo 13 
Mission in an effort to identify the slosh modes occurring in flight. 

Propellant Loading 

Prior to propellant loading, density determinations were made for each 

propellant to establish the amount of off-loading of the olanned ovetfill. 

An average oxidizer density of 90. ?S Ibm/ft^ and an average fuel density of 

56.49 Ibm/ft^ at a pressure of 240 nsla and a temperature of 70**F were 

determined from the samples. In off-loading r*^pellant tc obtain the desired 

ullage volume, more propellant than olanned (5.2 Ibm of oxidizer and 

3.2 Ibm of fuel) was removed ^rom the spacecraft. The quantities loaded 

were 11345.7 Ibm of oxidizer at a temperature of 67.7*F and a oressure of 

53.6 psig and 7080.4 Ibm of fuel at a tenoerature of 70.0*F and a pressure 
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of 41.8 psig (Reference 7), The total quantity of DPS propellant on board •> 

at launch was 18426.1 Ibm. 
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8. PRESSURIZATION SYSTEM EVALUATION 

The pressurization sy'^tem performed satisfactorily throughout the 
mission. 

The ambient start bottle was loaded with approximately 1.1 Ibni of 
helium at a pressure of 1632 psia and temperature of 70°F. At launch, the 
pressure was approximately 1625 psia. Five days prior to launch, the oxi- 
dizer and fuel tank pressures were increased from their pressures at loaclinn to 
140.2 and 134.9 psia, respectively. At launch the propellant tank pressures 
had decreased to approximately 94 and 123 psia. respectively, Anproxii.ately 
33.6 hours prior to launch, the supercritical helium (SHo) tank was filled 
with 48 Ibm of supercritical helium at a bottle pressure of approximately 
110.5 psia. At launch the bottle pressure ned risen to approximately 364 
psia. 

The following table presents measured pressurization system values 
for various times during the mission. 


( 



The large amount of pressure decay in the propellant tanks was due pri> 
marlly to helium absorption by the propellants and was as expected. The 


I 
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(lecay 111 fiiiibiGnt '..tiirt, l.'tllo pressuro prior l.o M'P iJfil riurn wa', .itLi il>ut,!-l 
to helium teniperaturo drnii and was within ttip ixp'^'cted ranoi'. 

The best estimate of the ground SHe tank pressure rise rate was approxi- 
mately 8.0 psi/hr and was caused by normal heat leak into the system from 
the environment. SHe tank pressures after liftoff indicated that the coast 
pres; ij re rise nto was approximately 6.2 psi/hr. Both values compare favor- 
ably with previous fliahts. A oeak SHe tank pressure of 1305 psia was mea- 
sured during the Descent Burn. A comparison of prefliqht predicted and 
flight measured SHe tank pressure is shown in Finure 29. The predicted 
pressure was obtained utilizing the DPS Sunercri tical Helium Pressurization 
System Computer Program. The difference between nreflinht predicted and 
flight measured pressure at the end of the Descent Burn was approximately 
85 psi, the predicted value being greater. A nostflioht simulation, using 
flight data as input to the computer program, resulted in the predicted 
value being approximately 120 psi greater than the flight measured value. 

The reason for the larger computed values has not been resolveu; however, 
it is hypothesized that the difference is due to incorrect SHe thermal 

properties in the 500 psia, 150®R region. An analysis is now being made of the 
differences between program thermal properties and new National Bureau of Standards 
data. 

Flight data from LM-5 and LM-6 indicates that the pressure rise rate which 
occurs during the coast period following the DOI Burn is greaterthan pre- 
viously predicted. SHe tank pressure rise was 73 psi for LM-5 and 77 psi for 
LM-6. The predicted value was 50 psi. Future SHe system predictions will use 
an average of the measured values (75 psi). 

DPS storage tank venting was initiated approximately 35 seconds after 
Descent Bum engine shutdown. This was successfully accomplished by closing 

the SHe Isolation valve, firing the vent line squib valves and opening the 
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vent line solenoid valves (Figure 30). The SHe tank was vented approximately 
20 minutes prior to APS ignition by opening the SHe isolation valve and the 
vent line solenoid valves. During the period of lunar stay, the SHe tank 
had an average pressure rise rate of 4.9 psi/hr. Interface pressure rises, 
which occurred on LM-5 during venting (Reference 4), were prevented by 
the sequential venting procedure. This was due to venting the SHe tank 
after engine heat soakback had occurred. Pressure buildup occurs because 
venting of the SHe tank causes the stagnant fuel in the helium/fuel heat 
exchanger to freeze. Engine heat soakback then expands the fuel against 
the plugged heat exchanger causing a pressure buildup in the feedlines 
downstream which could exceed snecitication limits. 
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9. ENGINL TRANSIENT ANAL /SIS 


The mission duty cycle of the Descent Propulsion system for Apollo 12 
included two starts at the minimum throttle setting, one shutdown at approxi- 
mately 38'i throttle and one shutdown at 23.4 throttle. Much throttling 
occurred dunng llie Descent Burn, ail of which was coiiimanded by the LGC. 

Start and Shutdown Transients 

Due to the low data sample rate (1 s/s) during the DOI Burn, no analysis 
of the transients was made. Reference 8 presents the technique used in 
determining the time of engine fire switch signals (FS-1 and FS-2) for the 
Descent Burn. This method was developed from White Sands Test Facility 
(WSTF) test data and assumes that approximately 0.030 seconds after the 
engine start conniand (FS-1) an oscillation in the fuel interface pressure 
occurs, as observed from the WSTF tests. Similarly, 0.092 seconds after 
the engine shutdown signal (FS-2) another oscillation in the fuel interface 
pressure occurs. Thus, start and shutdown oscillations of the fuel inter- 
face pressure were noted and the appropriate time lead applied. 

The ignition delay from FS-1 to first rise in chamber pressure was 
approximately 0,66 seconds (second burn). From past flights it has been 
shown that the first start delay of a duty cycle is generally twice as long 
as subsequent start delays. This difference in time between the first and 
subsequent start delays appears to be because of a difference in priming 
conditions. Prior to the DOI Burn there was no propellant between the 
engine prevalves (actuator isolation valves) and the engine valve actuators, 
and no propellant between the series engine shutoff valves. For the Descent 
Burn these volumes were primed with propellants. The delay time compared 
favorably to those experienced on the flights of Apollo 5, Apollo 9 and 
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Apollo 10. On Apollo 11, the response of the chamber pressure transducer 
was such that it gave no output until it sensed a pressure in excess of 4,4 
psi. Thus, the time of initial chamber pressure rise and the start delay 
time could not be determined. 

It was determined that there was a bias of 0.8 psi a on the chamber 
pressure measurement at ignition. It was assumed that the bias decreased 
linearly from ignition (0.0 psia chamber pressure) to a chamber pressure of 
106 psia. Thus at 90' (15.3 psia) and lOOZ (17 psia) of the minimum throttle 
setting the bias was 0.68 psia and 0.66 psia, respectively. 

The start transient from TS-l to 90/; of the minimum steady-state throttle 
setting (16.2% of full thrust) required 1.77 seconds with a start impulse 
of 499 Ibf-sec. The transient time was well within the specification limit 
of 4.0 seconds for a minimum throttle start. The start transient from 90% 
to 100% of the minimum throttle setting required 0.14 seconds with an impure 
of 207 Ibf-sec. 

The shutdown transient required 2.06 seconds from FS-2 to 10% of the 
steady-state throttle setting (23.4%) with an impulse of 1540 Ibf-sec. The 
specification limit on transient shutdown time is 0.25 seconds, however, 
this applies only to shutdowns from FTP. There is no specification limit 
on impulse. The impulse from 10% of the steady-state throttle setting to 
0% thrust was 161 Ibf-sec over a time increment of 0.79 seconds. Table 7 
presents a sumniary of the transients for flights to date. 

Throttle Response 

During the Descent Burn the engine was commanded to many different 
thrust levels. All throttle commands were automatic. The first throttling 
maneuver, minimum (16% of full thrust) to FTP, which was executed 26 seconds 
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into *0 burn, requirod approximately 1 second. The engine then remained 
at FTP for 357 seconds. The second command, from FTP to 59^', occurred 383 
seconds after ignition and required approximately 0.5 seconds. This value 
compares favorably with similar maneuvers on ijrevious flights. Little 
throttling was performed during the next 136 seconds. The LM Guidance 
CoMiputer then conmianded a ramping decrease in the throttle setting from 54., 
to 33« over 90 seconds. At this time the Spacecraft Commander selected 
guidance program P-66 which allowed him to select the vehicle rate of 
descent with the LGC still controlling the Descent Engine, Du*'ing the sub- 
sequent 108 seconds of the burn, the LGC commanded approximately 99 throttle 
changes in the 19^ to 44,. range. The command time from one throttle setting 
to the next was generally less than 0.20 seconds and the engine response 
time was less than 0.15 seconds in addition to the command times. The 
requirement for the large number of throttle changes was directly attribu- 
ted to the spacecraft attitude. As the astronaut pitched or rolled the 
vehicle, a different engine throttle setting was necessary to maintain the 
selected rate of descent. While no throttle response specifications exist 
for commands of the type given during the latter portion of the burn, the 
response of the DPS engine was considered satisfactory. 
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TABLE ?. 


LM-6 DESCENT PROPULSION ENGINE AND 
FEED SYSTEM PHYSICAL CHARACTERISTICS 


ENGINE 


Engine Number 

2 

Chamber Throat Area, in 

2 

Nozzle Exit Area, in 
Nozzle Expansion Ratio 
Oxidizer Interface to Chamber 


Resistance at FTP 


Ibf-sec 

Ibm-ft^ 


Fuel Interface to Chamber 


Resistance at FTP 


Ibf-sec 


Ibm-ft' 


Fuel Film Coolant Tapoff Point to 

„.2 


Combustion Chamber 


Ibf-sec 


Ibm-ft' 


FEED SYSTEM 

Oxidizer Propellant Tanks, Total 
Ambient Volume, Ft^ 

Fuel Propellant Tanks, Total 

3 

Ambient Volume, Ft 

Oxidizer Tank to Interface 

.„2 


Resistance, 


Ibf-sec 

Ibm-ft^ 


Fuel Tank to Interface 


Resistance, 


Ibf-sec 


Ibm-ft* 


674 . 53 * 
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TABLE 2 (CONTINUED) 


HrW No. 01827-61 73-R-OO, TRW LEM Descent Engine Serial No, 1040 Acceptance 
Test Performance Report Paragraph 6,9, dated 19 July 1968, 

^GAEC Cold Flow Tests. 

^TRW No. 4721.3.69-63, LM-6, Engine Serial No. 1040 Descent Engine Charac- 
teristic Equations, March 1969. 


4 


Approximate Values. 
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TABLE 3 


FLIGHT DATA USED IN FTP STEADY-STATE ANALYSIS 


Measurement 

Number 

Description 

Sample Rato 
Range Sample/Sec 

GQ3018P 

Pressure, Helium Reg, Out. Manifold 

0-300 psia 

1 

GQ3611P 

Pressure, Engine Fuel Interface 

0-300 psia 

200 

GQ4111P 

Pressure, Engine Oxidizer Interface 

0-300 psia 

200 

GQ6510P 

Pressure, Thrust Chamber 

0-200 psia 

200 

GQ3603Q 

Quantity, Fuel Tank No. 1 

0-95 percent 

1 

GQ3604Q 

Quantity, Fuel Tank No. ? 

0-95 percent 

1 

GQ4103Q 

Quantity Oxidizer Tank No. 1 

0-95 percent 

1 

GQ4104Q 

Quantity, Oxidizer Tank No. 2 

0-95 percent 

1 

GQ3718T 

Temperature, Fuel Bulk Tank No. 1 

20-120'’f 

1 

GQ37I9T 

Temperature, Fuel Bulk Tank No. 2 

20-120“f 

1 

GQ4218T 

Temperature, Oxidizer Bulk Tank No. 1 

20-120°F 

1 

GQ421 • 

Temperature, Oxidizer Bulk Tank No. 2 

20-120°F 

1 

GGOOOU 

P6NS Downlink Data 

40 Bits 

1/2 
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'Refertnce 8. ^available due to APS *'Fire-1n-tie^ ole maneuvt 

^ta Unavailable. ^Specification val^c frr shutdov?ns perfrmed fror 
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